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INTRODUCTION 


Graphite-epoxy laminates have assumed a major role in the struc- 
tural design of modern aircraft. The industry has built a reasonable 
data base for the more common fiber-dominated laminates. However, 
little data are available on unbalanced, matrix-dominated laminates 
such as that used for the aeroelastically tailored outer wing skins of 
the HiMAT vehicle. 

A series of load tests were conducted on the HiMAT outer wing. A 
variety of unbalanced laminate coupons were fabricated by the HiMAT 
contractor and tested, primarily at NASA facilities. 

Data obtained from these tests are presented in this report to- 
gether with predicted behavior of the test articles. 


DESCRIPTION OF THE HiMAT OUTER WING 


The major effort to aeroelastically tailor the HiMAT vehicle was 
focused on the outer wing structure. Reference 1 discusses the design 
methodology. The following description of the final design is taken 
almost verbatim from reference 2. 

The structural layout, shown in Figure 1, consists of a central 
structural box, a fixed leading edge flap, and trailing edge control 
surfaces. The structural box is constructed of tailored covers of 
AS/3501-5 graphite-epoxy oriented with generally 40% of the plies at 50° 
40% at -50°, and 20% at 35°, with respect to the laminate reference axis 
The cover thickness varies from 16 plies or 2.13 mm (.084 inch) near the 
tip to 54 plies or 7.20 mm (0.284 inch) at the root. Twenty of the 54 
plies are boron-epoxy interlayered locally to reinforce the root attach- 
ment. The box structure is closed out by leading and trailing edge 
spars constructed of T300/934 graphite-epoxy fabric. All plies are 
oriented at 45° to the centerline of the spar except for one cap and web 
ply on the leading edge between the root and X = 166.8 cm (46.0 in.) 
which is at 90° (F refers to the fuselage-wing^Cartesian coordinate 
reference system). The number of cap (c) plies and web (w) plies along 
the spars is indicated in Figure 1(b). The root rib is also T300/934 


graphite-epoxy three plies thick. A tip fin is mechanically attached to 
the wing box. The core of the structural box is full depth aluminum 
honeycomb. The wing box is a 100% bonded structure. 

The leading edge of the outboard wing (Figure 1(c)) is constructed 
of fiberglass-epoxy. It is attached to the wing box by a full length 
piano hinge at both the top and bottom surfaces. To increase the 
effective wing twist, the leading edge is cut into three segments with 
single pin connections near the nose, and the attachment hinges are cut 
into approximately 10 cm (4 in.) segments. 

The elevon and aileron structures are similar having T300/934 
graphite-epoxy skins, and a channel of the same material for the 
leading edge close out. The surfaces are mounted to the wing box on 
self-aligning ball hinges. The elevon is mounted at only two hinge 
points so that it does not contribute to the strength or stiffness of 
the outboard wing. The aileron however, is mounted at three points and 
must be accounted for. Furthermore, in later stages of the flight test 
program, the aileron was made inoperative by removing the control 
linkage and strapping 1/16 - 1/8 inch thick steel plates from the 
aileron to the wing box. 

A titanium wing rib mechanically joins the wing box to the inboard 
wing structure, or in the case of the load tests to be described, to 
the floor-mounted reaction frame. 


ANALYSIS 


Analysis of the outer wing was carried out using the NASTRAN 
finite element computer program. The structural model, created by the 
HiMAT contractor, is shown in isometric form in Figure 2(a), and in 
plan view in Figure 2(b). Figure 2(b) may be viewed to judge the mesh 
size for the plate (CQUAD2) elements that largely define the top and 
bottom skins of the wing box. The leading and trailing edge spars as 
well as the honeycomb core are modeled by rod and shear elements. The 
leading edge of the wing is defined using CQUAD2 elements, whereas the 
elevon and aileron are modeled using CQUADl plate elements. The 
titanium rib/composite skin bolted joint was modeled to account for 
fastener flexibility. CBAR elements, modeling the fasteners, serve to 
connect layers of CTRIA2 and CQUAD2 plate elements that, in turn, model 
the rib and adjacent composite skins. The wing box model has about 
1200 degrees of freedom. Further discussion of the NASTRAN model may 
be found in reference 1. 

The NASTRAN model of the wing box was also used to perform a 
nonlinear analysis that accounted for the inelastic shear behavior of 
the lamina of the CQUAD2 elements. This analysis used the incremental, 
piecewise linear method described by Petit and Waddoups (reference 3). 
Stresses and strains at both the element and ply levels were monitored 
in 84 CQUAD2 elements. An increment of load was computed that would 
cause a predetermined maximum incremental strain in the most highly 
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strained element in the covers. The strain increment used was 0.001, 
measured parallel to the laminate reference axis of the wing box. The 
incremental responses of the wing are added together to get an accumu- 
lative response. As each incremental response of the wing is added to 
prior sets, new tangent moduli of the lamina shear stress-strain curves 
are computed, based on the current stress levels. A Ramberg-Osgood 
representation of the stress-strain curve (references 4 and 5) is 
differentiated to obtain the local tangent modulus. Classical lamina- 
tion theory (e.g. reference 6) is then used to compute the new laminate 
stiffness . 

Figure 3 is a flow diagram describing the steps in the incremental 
loads analysis. Referring to Figure 3, it is seen that the input data 
to NASTRAN consists of two files that are merged: MATMODS, a file 
containing the MAT2 data defining the stress-strain behavior of the 
wing cover plate elements, and WNGBOX, containing all other data re- 
quired to define the model. In addition to the usual NASTRAN output, 
designated BOXOUT, a considerably smaller subset "punch file" labeled 
NASOUT, is generated containing only data germane to the incremental 
loads analysis that is carried out by the program, INCLDS. INCLDS is 
an ad hoc code set up to specifically handle the wing box analysis. 
INCLDS examines NASOUT to find the most highly strained CQUAD2 element, 
an appropriate load increment is determined, and corresponding stress 
and strain increments are computed. These increments are added to the 
prior load-stress-strain state, obtaining an updated state for the wing 
box. The updated state is used to compute new shear stress-strain 
moduli. For each element, the laminate stress-strain relationship is 
recomputed, in the form of new MAT2 data, and loaded into the MATMODS 
file. A new NASTRAN run may now be made. For the analysis done in 
support of the load tests, 14 strain increments were used. A three 
times coarser analysis (three times larger increments) gave essentially 
the same results. 

Crucial to all analyses are the estimates of the ply stress-strain 
properties. These properties are discussed in Appendix A. Confidence 
in these properties and in the incremental loads analysis was acquired 
through a laminate coupon test and analysis program that is discussed 
in Appendix B. 


TEST PLAN AND INSTRUMENTATION 


The primary objective of the wing test program was to obtain data 
that could be compared with the finite element analysis. The test data 
were also examined for cumulative load cycle effects, and for the ef- 
fects of the leading and trailing edges on the structural behavior of 
the wing box. The test program consisted of a series of load cycles 
that caused progressively higher strain levels in the composite wing 
skins . 


Loads were applied near the tips of the leading and trailing edge 
spars of the wing box. A rubber-padded, 4-inch-wide steel plate dis- 
tributed the load supplied by hydraulic cylinders. Early tests used 
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two cylinders connected to follow the same load-time curve. Most tests 
used a single hydraulic cylinder. Load cells were installed in series 
with the cylinders. 

Fourteen potentiometr ic displacement transducers were positioned 
along the leading and trailing edges of the wing. These transducers, 
selectively sized for a range varying from 0 - 2 . 54 cm to 0 - 61 cm, 
have a resolution of 0.3 percent of full scale (reference 7). 

Wing cover strains were measured using both three-element rosettes 
and single-element gages. The metal-foil gages were 350 ohm and of 1/4 
inch gage length. The gages were installed using a cyanoacrylate 
cement. The gages were mounted at the centroidal location of specific 
CQUAD2 elements. One element of each gage (leg A for the rosettes) was 
mounted parallel to the leading edge of the wing box. These gages were 
within +-5° of being parallel to the laminate reference axis of the 
structural box (see Figure 1(a)). Legs B and C of the rosettes, are 
within +-5° of being parallel to the -45° and 90° directions, respec- 
tively, measured from the laminate reference axis. Figure 4 shows the 
general location of the displacement transducers and strain gages, and 
gives the serial numbers of the gages as they are referred to in this 
report. 


RESULTS AND DISCUSSION 


Table I summarizes the 27-test program. Tests 1-4 investigated 
the effect of the leading and trailing edges on the structural behavior 
of the wing box. Tests 4-7 investigated the effect of changing the way 
in which the wing box was loaded. Tests 8-27 investigated the behavior 
of the wing box at successively higher loads. In all cases, a linearly 
increasing, then decreasing load-time profile was applied to the wing. 
The characteristics of these sawtooth load profiles are given in Table 
I in terms of peak load (both target and actual values) and the rise 
and decay times of the linear ramps. Another characteristic of the 
test program was the use of a 4.5-kN (1000-lb) posttest load cycle to 
assess, by comparison with prior 4.5-kN tests, any cumulative damage 
incurred as the testing progressed. 

The maximum load applied to the wing box was 22 kN (4950 lb). At 
this load, a test fixture bolt failure occurred at the interface be- 
tween the root rib of the wing and a set of test fixture mounting lugs. 

Reference 1 discusses design iterations that were conducted to 
determine how various parts of the aircraft structure contribute to the 
bending and twisting of the wing. Tests 1-4 provided data on the 
effect of successively removing the leading and trailing edges of the 
outer wing. Data from Tests 1-4 are presented in Figures 5-8. Figures 
5 and 6 compare measured and predicted deflections of the wing box tip. 
Figures 7 and 8 compare measured and predicted strains at two typical 
locations on the wing box. Each figure shows a prediction based on the 
outer wing model, i.e. wing box plus leading and trailing edges, and 
also a prediction based on just the wing box model. Referring to 
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Figures 5-8 it is seen that the experimental data for Tests 1 and 4 are 
reasonably coincident. In other words, the leading and trailing edges 
have no effect on the wing box behavior. Comparing the predictions in 
each of Figures 5-8, it is seen that the flaps are predicted to be 
stiff er than they really are. On the other hand, the wing box model 
appears more flexible than the test data indicate. 

Figures 5-8 also contain data from Test 7. These data were ac- 
quired after changing the loading configuration to a single cylinder, 
and increasing the load rate to 11 kN/min. Test 7 data are virtually 
identical to prior data sets, and indicate that neither differences in 
the loading configuration nor changes in load rate had any substantial 
effect on the wing behavior. 

Test data presented in Figures 5-8 are for both loading and un- 
loading. By comparing adjacent points from the same test a measure of 
hysteresis during the load cycle can be obtained. Examining the data 
of Figures 5-8 it is judged that there is little hysteresis in these 
early tests. Figures 9-12 are similar to Figures 5-8, except that a 
comparison is made between Tests 4 and 26. Examining Figures 9-12, it 
is judged that there is a softening of the structure after the 26 
tests. Figures 9 and 10 suggest that the amount of hysteresis may also 
have increased. 

A clearer indication of any cumulative load effects may be ob- 
tained by making comparisons across all 27 tests. Figure 13 is a plot 
of the leading edge tip deflection versus load for all tests. For 
clarity the load axes are shifted and only certain load points are 
emphasized by symbols (in some cases small extrapolation of data has 
been allowed) . Similar plots for the trailing edge tip deflection, and 
two strain gages are given in Figures 14-16. Figures 13-16 show a 
progressive, if somewhat erratic, softening of the wing box structure 
as test cycles are accumulated. 

The behavior of the wing box at relatively high loads is shown in 
Figures 17-20. These Figures are based on Test 21 in which a maximum 
load of 19 kN (4300 lb) was applied to the wing. Figure 17 shows the 
rather large bending and twisting deflections that occurred during the 
test. (The lower skin of the unloaded wing lies approximately in a 
horizontal plane). 

Figures 18 and 19 present strain data for all gages on the top and 
bottom surfaces of the wing during Test 21. Also presented are the 
predicted strains according to the linear and nonlinear (incremental) 
NASTRAN analyses. Generally, there is a clear difference between the 
two analyses at the higher loads, except in the root region, where the 
boron-reinforced covers cause both analyses to be linear. Again, 
generally, the measured load-strain behavior is linear, in marked 
contrast to the nonlinear prediction. The linear behavior of the wing 
covers is also in marked contrast to the nonlinearity exhibited by 
unidirectional coupon test data (see Appendix B, Laminate 0 test re- 
sults). For the outboard gages (709-716 and 609-616) it is judged that 
the linear NASTRAN analysis agrees reasonably well with the measured 
strains. For the root region (Gages 721-724 and 621-624) the agreement 
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is not nearly as good. It is noted, however, that the root region 
involves difficult modeling of the mechanical joint between the wing 
covers and the titanium rib. In addition the CQUAD2 elements, cor- 
responding to gages 721-724 and 621-624, lie in a region where the plies 
drop off from 54 plies to 34 plies. Generally speaking, the load-strain 
plots do not exhibit much hysteresis. 

Figures 20 and 21 present load-deflection data near the tips of 
the leading and trailing edge spars of the wing box. Referring to 
these Figures it is seen that the measured stiffness (slope of the 
load-deflection curves) of the structure is less than that predicted by 
the analysis. However, the data points for the loading portion of the 
cycle lie on a reasonably straight line, indicating linear rather than 
nonlinear behavior. Hysteresis is evident in the load/unload cycle. 
There is an approximate 2% offset (6-7mm) after unloading. It was 
observed that roughly one-half of this offset is recovered in the first 
15 seconds following complete unloading. 

Figure 22 compares the measured deflections of the wing box with 
predictions. The measured deflection shape of the wing compares 
favorably with the predicted shape from the linear analysis, and less 
favorably with the nonlinear analysis. Both analyses appear to predict 
less rotation in the bolted joint area than was measured. The pre- 
dicted spar deflections in just the region of the bolted joint are 
shown in Figures 23 and 24 for the leading edge and trailing edge 
respectively. The most inboard set of four data points are the deflec- 
tions of the wing skin/rib interface. It is seen that this region 
rotates very nearly as a rigid body. It does not appear possible to 
connect these points with a curve to the next several points outboard 
without introducing a very sharp change (cusp) in the deflection curve; 
see Figures 23 and 24 where curves have been drawn through the pre- 
dicted deflections to show the apparent cusp. Examination of other 
sets of spanwise deflection data in the root region show a similar 
apparent discontinuity in slope. Thus, there appears to be an anomaly 
in the structural model, in the joint area, that cannot presently be 
explained. It is noted in Figures 23 and 24, that the predicted slope 
of the deflection curve just outboard of the joint appears less than 
the joint slope, effectively reducing the joint rotation, and providing 
a clue as to why the analyses appear to predict less rotation than is 
measured (see Figure 22). 

It is of some interest to compare the wing structural behavior 
vis-a-vis the behavior of the same laminate configuration as a test 
coupon subjected to uniaxial loading. The major quantifiable results 
of the coupon tests (specifically, Laminate 0) are found in Appendix B. 
In addition, observations were made during both the wing and coupon 
tests relating to hysteresis, creep, and posttest offset. For the same 
strain level, the coupon tests showed considerably more hysteresis that 
was observed during the wing tests. Creep was evident in the Laminate 
0 tensile coupon tests during 10-second holds at peak loads. Creep was 
not observed during Test 21 when a 19 kN load was applied to the wing 
for about 10 seconds. Posttest (no load) offsets in the wing tip 
deflections, evident in Figures 20 and 21, were observed to decrease by 
roughly 50% in the first 15 seconds following unloading. 
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SUMMARY OF RESULTS 


A series of load tests were conducted on the HiMAT outer wing. 

The objective of these tests was to determine the behavior of this 
unbalanced, matrix-dominated laminate structure, to loads approaching 
failure, and to compare test results with predicted behavior. 

The leading and trailing edges were found to have no effect on the 
response of the wing to applied loads. A decrease in the stiffness of 
the wing box was evident over the 27-test program. 

The measured load-strain behavior was found to be linear, in 
contrast to coupon tests of the same laminate, which were nonlinear. A 
linear NASTRAN analysis of the wing generally correlated more favorably 
with measurements than did a nonlinear analysis. 

A close examination of the predicted deflections in the root 
region of the wing revealed an anomalous behavior of the structural 
model that cannot presently be explained. 

Both hysteresis and creep appear to be less significant in the 
wing tests than in the corresponding laminate coupon tests. 
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APPENDIX A 


Stress-Strain Behavior of AS/3501-5 


Introduction 


To perform a nonlinear analysis on the wing box requires knowing 
the stress-strain behavior of the AS/3501-5 ply material in tension and 
compression, longitudinally (i.e. along the fibers) and transversely, 
and also in shear. In other words, five stress-strain relationships 
must be known. Specifically, the following data must be obtained: 

(1) Shape of the stress-strain curves (i.e. linear/nonlinear), 

(2) Initial (tangent) moduli and Poisson's ratio, (3) Ultimate 
strength and strain. 

In those cases where substantial nonlinearities exist, a Ramberg- 
Osgood curve fit (reference 5) was performed. This curve fit is dif- 
ferentiated to obtain a "local" tangent modulus for the curve. 

Based on the data found in the literature, it has been difficult 
to establish, with high confidence, complete ply stress-strain rela- 
tionships for AS/3501-5. Fairly large variations can exist in most 
properties. Material characteristics often appear to be a function of 
the test method. Frequently, insufficient information is given to 
evaluate test results. It is possible that some properties improve 
over a period of time, due to changes in the manufacturing process or 
improvements in quality control. 

It appears that sufficient data are available to define with 
reasonable confidence the shape of the stress-strain curves, including 
the initial linear range. There is far less confidence in some of the 
estimates for ultimate stress and strain. It has been necessary to use 
some property data for AS/3501-6, assuming that it would apply reason- 
ably well to AS/3501-5. 


In order to maintain the integrity of the majority of original 
data cited in this Appendix, English units are used. 

Symbols 


E 


L 


E L 


E„ 


E ' 

T 


LT 


Young's modulus in tension in the longitudinal (fiber) 
direction. 

Young's modulus in compression in the longitudinal (fiber) 
direction . 

Young's modulus in tension in the transverse direction. 
Young's modulus in compression in the transverse direction. 
Inplane shear modulus. 
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Ultimate shear strain. 

Ultimate tensile strain in the longitudinal direction. 
Ultimate compressive strain in the longtudinal direction. 
Ultimate tensile strain in the transverse direction. 

Ultimate compressive strain in the transverse direction. 
Major Poisson's ratio for tensile loading. 

Major Poisson's ratio for compressive loading. 

Ultimate tensile strength in the longitudinal direction. 
Ultimate compressive strength in the longitudinal direction. 
Ultimate tensile strength in the transverse direction. 
Ultimate compressive strength in the transverse direction. 
Ultimate shear strength. 

Longitudinal Tensile Stress-Strain Behavior 

Table A.l lists Young's modulus, Poisson's ratio, and ultimate 
strength and strain for AS/3501 as compiled from several sources. 
Referring to Table A.l, it is judged that the variation in properties 
from one source to another is not severe except for strength. It is 
generally assumed that the longitudinal stress-strain curve is linear, 
although reference 13 points out that there is a slight stiffening on 
the order of 10 percent. For the present purpose, it will be assumed 
that the stress-strain curve is linear and can be characterized as 
follows : 

E l = 20 Msi 
°LU = 240 k3i 

e LU = 12000 

Furthermore, a major Poisson's ratio of 0.3 will be used. Analy- 
sis has not shown a great sensitivity to Poisson's ratio. 


Y 


LTU 


LU 

c' 

LU 


TU 

C 

TU 


LT 

v' 

LT 


LU 

O' 

LU 


TU 

o' 

TU 


LTU 


Longitudinal Compressive Stress-Strain Behavior 

Table A. 2 lists Young's modulus, Poisson's ratio, and ultimate 
strength and strain for AS/3501 as compiled from several sources. 
Referring to Table A. 2, it is judged that large variations exist in all 
of the parameters except Poisson's ratio. Reference 16 states, "Per- 
haps the most difficult of the intrinsic material properties of compo- 
sites to measure are the compressive strength properties. This is the 
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case due to the fact that slight specimen geometric variations result 
in eccentricity of the applied load thereby enhancing the opportunity 
for failure to occur due to geometric instability." 

To aid in reaching a conclusion on how to characterize longitu- 
dinal compressive behavior, property data for AS4/3501-6 (reference 15) 
have been examined. Table A. 3 lists the pertinent data from reference 
15. Referring to Table A. 3, it is seen that two sets of compression 
data are listed, one for a Celanese test fixture characterized by a 
short, unsupported test section and the other set for a sandwich beam 
specimen which inherently provides the support necessary for stable 
loading. Examining the Young's modulus data, it is seen that the two 
test methods give about the same value: 20 + Msi. The AS4 fiber is 
only slightly stiffer than the AS1 fiber (34 Msi versus 32 Msi) so E' = 
20 Msi is probably applicable to AS1/3501-5. Examining the data for b 
ultimate strength and strain, it is seen that the sandwich beam test 
yields higher values. This trend is evidently frequently observed 
(reference 16). The strength/strain data of Table A. 3 cannot be di- 
rectly applied to AS/3501 because the AS4 fiber is substantially 
stronger than the AS1 fiber (fiber strength is 520 ksi for AS4 versus 
450 ksi for ASl). However, similar trends in strength might be ex- 
pected between unsupported test methods [Celanese or ITTRI (ref. 21)] 
and fully supported test methods (sandwich beam or a full depth honey- 
comb wing structure). Reference 15 gives the longitudinal tensile 
strength of AS4/3501-6 as 313 ksi. Thus it appears that with a high 
quality sandwich beam specimen it is possible to attain a compressive 
strength (292 ksi) almost equal to the tensile strength (313 ksi). 
Further examination of Table A. 3 shows that the stress-strain curves 
are only slightly nonlinear. 

For the purpose of predicting the behavior of the full depth 
honeycomb outer wing, it will be assumed that the compressive stress- 
strain curve equals the tensile stress-strain curve. In other words: 

Ei = 20 Msi 
.L 

o^y = 240 ksi 

= 12000 |i£ 


Transverse Tensile Stress-Strain Behavior 

Table A. 4 lists Young's modulus and ultimate strength and strain 
for AS/3501 as compiled from several sources. The stress-strain curve 
appears to be fairly linear. For the present purposes it will be 
assumed that the stress-strain curve is linear and can be characterized 
as follows: 


E t ■ 1.5 Msi 

a TU * 7,8 ksi 
= 5200 pe 
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Transverse Compressive Stress-Strain Behavior 


Table A. 5 lists Young's modulus and ultimate strength and strain 
for AS/3501 as compiled from several sources. Referring to Table A. 5 
it is judged that there is a fair amount of consistency in the data. 
There is also a fair amount of nonlinearity in the stress-strain curve. 

For the present purposes, the stress-strain curve will be charac- 
terized as follows: 


E^, = 1.5 Msi 
= 36 ksi 


= 31000 lie 

A Ramberg-Osgood fit, accounting for the nonlinearity, yields the 
following equation: 

r ) 2 - 85 

i + 


£' = 
T 


O' 

T 


1.5 x 10 


r 1 + 

_ [53800J J , 


where is in psi. 


Inplane Shear Stress-Strain Behavior 

Table A. 6 lists the shear modulus and ultimate strength and strain 
for AS/3501 compiled from several sources. Referring to Table A. 6 it 
is judged that there is considerable variation in the data. In some 
cases there is justification for dismissing the data. For example, the 
shear modulus of 0.61 Msi given in reference 8 is a secant modulus 
rather than a tangent modulus. The strength value of 17.1 ksi given in 
reference 12 is an "effective" strength based on extrapolation of 
stress-strain data; evidently there was an interference problem between 
the test fixture and the specimen. 

The most complete and best understood shear data in Table A. 6 were 
derived from five AS/3501-6, +-45° specimens tested in tension (see 
Table A. 6, footnote b) . Referring to this data, it is seen that the 
average tangent modulus of 0.93 Msi appears to be an intermediate value 
compared to the other values listed in Table A. 6. It also compares 
favorably with two unpublished values of 0.96 Msi measured in rail 
shear tests at NASA Ames-Dryden. In using the ultimate strength and 
strain values derived from these +-45° specimens, it is well to keep in 
mind the caveat of reference 16 (p. 189) that, "although the (+-45 )„ 
laminate tensile test can be employed to establish shear stress-strain 
response well into the region of nonlinear material response, caution 
must be exercised in interpretation of the ultimate stress and strain 
results. This is due to the fact that the lamina is in a state of 
combined stress rather than pure shear. Hence, it should be expected 
that the presence of the normal stress components would have a dele- 
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terious effect upon ultimate shear strength." Reference 16 (Table 4-1) 
goes on to give strength values from (h — 45),, tests to support the 
quoted statement. These values, given in terms of shear strength in 
Table A. 6, are 11.4 ksi from tension tests and 14.6 ksi from compres- 
sion tests. 

For the present purposes the shear stress-strain curve will be 
characterized as follows: 


G lt =0.93 Msi 


X LTU 


11.5 ksi 


Y LTU = 29600 


A Ramberg-Osgood fit to the five sets of shear data, discussed in 
the previous paragraph, is shown in Figure A.l, together with the 
experimental data. It is seen that the fit is a good one except at 
failure where the experimental data show essentially a zero slope, 
whereas the analytical curve has a positive slope. The Ramberg-Osgood 
fit has the following form: 


y lt 


LT 


.93 x 10' 


: 


i + 


L LT 


10800 



f 


where x LT is in psi. Using = 11500 psi, the above equation yields 

a shearstrain of y lt = 2810 O^pl e which is considered sufficiently close 
to an average test value of 29600 pe . 
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TABLE A . 1 


LONGITUDINAL TENSILE PROPERTIES OF AS/3501 


Reference 

8 

9 

10 

13 

14 

e l / Msi 

20 

20 

17.7 

19 

18.5 

V LT 

.30 

— 

— 

— 

— 

a LU • 

236 

225 

214 

257 

225 

z pe 

LU ' 

12100 

— 

— 

12300 

11000 


TABLE A. 2. - LONGITUDINAL COMPRESSIVE PROPERTIES OF AS/3501 


Reference 

8 

9 

10 

12 

14 

e l ' 

Msi 

16.3 

16 

14.4 

16.4 

20 

V LT 


.33 

— 

— 

.34 

.31 

°Lu 

, ksi 

152 

135 

272 

203 

142 

£ 1 

LU 

r 

10200 

— 

— 

15100 

8100 


l3 







TABLE A. 3. 


LONGITUDINAL COMPRESSIVE PROPERTIES OF AS4/3501-6 


Reference 

15 

15 

Test Method 

Celanese a 

Sandwich Beam* 3 

Number of Tests 

22 

25 

E' , Msi 
Li 

20.2 { 5 . ) c 

21.1 (3.3) 

U LU ' ksi 

226 (5.7) 

292 (9.7) 

c lu ' ye 

13000 (7.3) 

17500 (12.3) 


a ASTM D 3410 - 75. 

b McDonnell Aircraft, MMS - 549. 
c . 

Numbers in parentheses are coefficients of variations in 
percent. 
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TABLE A. 4. - 

TRANSVERSE 

TENSILE 

PROPERTIES 

OF AS/3501 

Reference 

8 

11 

13 

14 

e t , M s i 

1.4 

— 

1.6 

1.5 

a TU ' 

7.0 

7.5 

7.8 

9.1 

e ue 

TU ' 

5100 

— 

5400 

6400 


TABLE A. 5. - TRANSVERSE COMPRESSIVE PROPERTIES OF AS/3501 


Reference 

8 

9 

10 

11 

12 

14 

E^Msi 

1.5 

1.4 

1.6 

— 

1.7 

1.65 

°TU • 

37 

27 

28 

30 

37.5 

37.2 

e TU ' ye 

32800 

— 

— 

— 

30300 

31200 
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TABLE A. 6. - INPLANE SHEAR PROPERTIES OF AS/3501 
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FIGURE A.l. INPLANE SHEAR STRESS-STRAIN RESPONSE FOR AS.'350i 
DERIUED FROM +-45-DEGREE TEST SPECIMENS. 




APPENDIX B 


Measured and Predicted Behavior of Unbalanced 
Graphite/Epoxy Test Specimens 


Introduction 


A series of nonstandard laminates was selected and fabricated by 
the HiMAT contractor. The specimens were instrumented and tested 
primarily at NASA facilities. The objective of this program was to 
determine the load-strain behavior of unbalanced laminates, and to 
compare the measured behavior with predictions. 


Specimen Description 

All test specimens were fabricated from AS/3501-5 graphite-epoxy 
tape. Fiberglass-epoxy tabs were bonded to each specimen. Table B.l. 
summarizes the configurations of the coupons. Referring to Table B.l. 
it is seen that six laminate geometries were tested. Laminate 0 has 
the ply orientation of the HiMAT outer wing covers. Laminate 2 has the 
ply orientation of the HiMAT canard covers. Laminates 3-5 are fabri- 
cated with a varying mix of 0° and 45° plies. Laminate 3 is the most 
unbalanced with 75 percent 45° plies and 12.5 percent 0° plies. Laminate 

4 is next with 50 percent 45° plies and 37.5 percent 0° plies. Laminate 

5 is the least unbalanced with 12.5 percent 45° plies, and 75 percent 0° 
pli es. Laminate 6 is a quasiisotropic, (0/+-45/90) laminate. 

From an examination of the ply orientations of the various 
laminates, it is judged that only Laminate 0 is a matrix-dominated 
laminate. Laminates 2-5, while unbalanced, possess - at least for the 
tests conducted - highly loaded fibers. 

All laminates were subjected to tensile loading in the direction 
of the laminate reference axis. Laminates 0, 4, and 5 were also sub- 
jected to tensile loading perpendicular to the laminate reference axis. 

In addition. Laminate 0 was subjected to compressive loading along the 
reference axis. 


Analysis 

There does not exist a widely accepted method for predicting 
laminate behavior up to fracture. Such a method would contain a ply 
failure criterion that accounts for the effect of adjacent crossplies, 
and in the case of unbalanced laminates, also accounts for potentially 
important nonlinear effects. 

For the present analysis, three failure criteria were examined: 
Tsai-Wu criterion (reference 17), Hashin and Rotem criterion (reference 
18), and the maximum strain criterion. The Tsai-Wu theory, as employed 
in this analysis, follows the suggestion of reference 19, and assumes 
no interaction between the normal stresses. The Hashin and Rotem 
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theory (referred to as the Hashin criterion in this report), simpler 
than Tsai-Wu and applicable to only matrix-dominated laminates, is 
applied to Laminate 0 only. The maximum strain criterion, perhaps the 
most widely used strength theory, is applied to Laminates 2-6. 

For the purpose of analyzing the laminates described above, ini- 
tial ply failure would appear to result in matrix cracking. It is 
assumed that the cracks accumulate gradually, and that no stress re- 
laxation occurs. There is some evidence to support these assumptions; 
for example, according to reference 20, "no jumps (discontinuities in 
the stress-strain diagram) are observed in the case of glass, graphite, 
or boron fiber/epoxy resin crossply composites ...". While it is 
assumed that the failed ply does not unload, additional transverse 
loading of the ply is precluded by setting equal to zero, the trans- 
verse and shear moduli. 

For all the laminates, an incremental loads analysis, as described 
in the main body of this report, was performed. For Laminates 2-6 an 
additional analysis was performed in which the ply shear stress-strain 
curve was assumed linear, and ply failure was based on the maximum 
strain criterion. 

The same ply properties that were used for the wing analysis 
(discussed in Appendix A) were used for the coupon analysis. 


Test Program 

All specimens were instrumented with back-to-back metal foil gages 
that measured strains along and perpendicular to the load axis. Most 
gages were three-element rosettes allowing an additional strain to be 
measured at either +45° or -45° to the load axis. In the case of Lami- 
nate 0 the rosette was used in conjunction with a single-axis gage 
providing strain measurements at 0°, 45°, -45°, and 90° to the load. Lami- 
nate 6 had no 45° gages, but had longitudinal gages at the edges of the 
specimen, providing a measure of the bending strain induced by any 
misalignment. All gages were capable of measuring up to 50,000 micro- 
strain, with the exception of the Laminate 0 compression test gages, 
which were capable of measurements to 15,000 microstrain. 

All coupons were tested in analog controlled, hydraulic testing 
machines. Tensile tests used mechanical wedge grips that self-tighten 
under load. The compression coupons were tested in an IITRI compres- 
sion test fixture (reference 21). The load rate varied from 2.6 
kN/min. (600 lb/min.) for the compression tests to 22 kN/min. (5000 
lb/min.) for the tensile tests. 

Most tests were run monotonically to failure. An exception was 
the Laminate 0 tests, in which two or three intermediate load cycles 
were applied prior to loading to failure. 
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Results and Discussion 


Figures B.l - B.10 present measured and predicted load-strain 
curves for the laminates. Since, in many cases, the strain gages 
ceased to function prior to specimen failure. Figures B.l - B.10 cannot 
be used to compare measured and predicted failure loads. For this 
purpose Table B.2 has been prepared. 

Since Laminate 0 appears to be a truly matrix-dominated laminate, 
whereas Laminates 2-6 have highly loaded fibers, the discussion of 
results treats Laminate 0 separately. 


Laminate () - Figures B.l and B.2 present the load-strain behavior of 
Laminate 0 in tension and compression for loading along the laminate 
reference axis. Figure B.3 presents similar data for tensile loading 
perpendicular to the laminate reference axis. Referring to parts (A) 
and (B) of these Figures it is seen that Laminate 0 exhibits substan- 
tial nonlinear behavior. The predicted load-strain behavior compares 
better with test data for tensile loading than for compressive loading. 
The predicted initial slopes for these curves are somewhat greater than 
was measured. There are several possible reasons for this lack of a 
better correlation. First, the specimens were subjected to a series of 
load cycles prior to the final loading reported in these Figures. Some 
"softening" of the specimens did occur due to these prior load cycles. 

Secondly, specimen creep was observed, although the tests were not 

designed to quantify the creep effect. Thirdly, there is inherent 
scatter in results from present test methods and fabrication proce- 
dures, that appear to cover the range in discrepancy between the pre- 
dicted curves and the test data of Figures B.l - B.3. References 8 and 
14 present shear stress-strain response curves for AS/3501 that differ 
substantially from those used in this report. A more judicious choice 
of the shear curve could have improved the correlation in Figures B.l - 

B.3, but would not offer any guidance on how to assure, a priori, a 

good choice for the shear curve in future analysis. The kind of corre- 
lation shown in Figures B.l - B.3 is perhaps more typical of what can 
be currently expected in analyzing matrix-dominated laminates. 

Referring to parts (C) and (D) of Figures B.l - B.3 it is judged 
that the predicted load-strain behavior in the +-45° directions corre- 
late reasonably well with test data. It is noted that these strains 
are governed by the fiber properties in the +-50° plies. 

Careful comparison of the test data of Figures B.l and B.2, parts 
(A) and (B), shows that Laminate 0 behaves the same in tension and 
compression up to about 9,000 microstrain. At higher strain levels the 
laminate appears stiffer in tension than in compression. It is likely 
that at these higher strain levels differences in incipient failure 
modes have an effect. 

Referring to Table B.2 and examining the percent difference be- 
tween average measured failure load and predicted measured failure 
load, it is seen that the Hashin (and Rotem) failure criterion, on the 
average, yields a more favorable prediction than does the Tsai-Wu 
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failure theory. It is also noted that the Hashin and Rotem criterion 
is consistently conservative, whereas the Tsai-Wu criterion, for Lami- 
nate 0, is not. 


Laminates 2-6 - From an examination of Figures B.4 - B.10, it is judged 
that the correlation between analysis and test is generally quite good 
up to the point where ply failure begins. In this region of good corre- 
lation the load versus strain, in the direction of the load, is fiber 
dominated. The least satisfactory correlation occurs with Laminate 5, 
loaded at 90 degrees to the reference axis (see Figure B.9). In this 
case 75 percent of the laminate (i.e. the 0° plies) is subjected to 
matrix cracking during first ply failure. 

Referring to Figure B.10 (A) it is noted that considerable scatter 
exists in the strain data for Specimen 2, and to a lesser extent, in 
the data for Specimen 3. The extreme strain values for these specimens 
are for gages bonded near the edges of the specimen, and indicate the 
presence of a substantial strain gradient (bending moment) that, in the 
case of Specimen 2, probably caused premature failure. 

Analyses of Laminates 2-6 were carried out using both classical 
laminate theory, employing the maximum strain failure criterion, and a 
nonlinear (incremental loads) analysis employing the Tsai-Wu failure 
criterion. It appears that the nonlinear theory is somewhat better in 
predicting the load-strain behavior of these laminates. Referring to 
Table B.2, where percent differences between predicted and measured 
failure loads are given, it is concluded that the Tsai-Wu criterion 
predicts failure better than the maximum strain criterion. 

It is of some interest to compare Laminates 3, 4, and 5 for the 
load conditions that apply in Figures 5(A), 7(A), and 9(A): for these 
three cases the load is aligned in the fiber direction of 12.5 percent 
of the plies. It is found that Figures 5(A) and 7(A) are very nearly 
identical, suggesting that the ply mix at 45° and 90° has little in- 
fluence on behavior in the direction of the load. Figure 9(A) shows 
somewhat diminished stiffness and strength over Figures 5(A) and 7(A), 
indicated that the mix (and possibly stacking sequence) of 45° and 90° 
plies is beginning to have an effect. A comparison of Figures 5(B), 
7(B), and 9(B) is a comparison of the Poisson effect, and a general 
stiffening of the laminates perpendicular to the load is observed as 
the percent of plies at 90° to the load is increased. 


Summary of Results 

A series of nonstandard laminate test specimens were instrumented 
with strain gages and loaded to failure. The objective of these tests 
was to determine the load-strain behavior of unbalanced laminates, and 
to compare this behavior with predictions. 

Specimens having the ply orientation of the HiMAT wing box lami- 
nate (Laminate 0) show a nonlinear load-strain response. For Laminate 
0 - a matrix-dominated laminate - the Hashin and Rotem failure cri- 
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terion generally gave a more favorable and consistent prediction of 
failure than did the Tsai-Wu criterion. 

For Laminates 2-6 - fiber-dominated laminates - a generally good 
correlation existed between predicted and measured load-strain be- 
havior, at least up to first ply failure. For these same laminates the 
Tsai-Wu failure criterion gave better predictions than did the maximum 
strain criterion. 

The failure criteria used for the matrix-dominated laminate. 
Laminate 0, generally gave conservative predictions. The failure cri- 
teria used for Laminates 2-6 gave nonconservative predictions. 

In general, the load-strain behavior up to first ply failure was 
predicted better than was failure load. 
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TABLE B.l. - CONFIGURATION OF LAMINATE TEST SPECIMENS 
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TABLE B.2. MEASURED AND PREDICTED FAILURE LOADS 
OF THE LAMINATE SPECIMENS 


Laminate 

Epp 

Spec. 

No. 

Failure Load , 

kN 


Measured 

Load 

Predicted Load 

Tsai-Wu 

Hashin 

Max. Strain 

0 

LT 


36.1 

22.7 

1 





30.8 

< — 3 0 ) b 






31.2 







31.2 





LC 


19.2 

24.7 

15.1 




2 

17.8 

(35) 

(-18) 




3 

18.0 




0 

TT 


47.8 

37.2 

34.5 





50.2 

(-22) 

(-27) 





44.3 







47.3 




2 

LT 

1 

29.3 

37.3 


48.1 



2 

26.3 

(31) 


(67) 
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30.5 



2 

20.7 

(11> 


(52) 
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20.2 
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LT 

1 

26.3 
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35.1 



2 
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(0) 


(26) 



3 

29.6 




4 

TT 

1 

19.4 

22.6 


30.0 



2 

22.9 

(5) 


(40) 



3 

22.0 




5 

LT 

n 

62.2 

56.0 


64.1 




52.0 

(-1) 


(13) 




51.9 






tfl 

61.1 




5 

TT 

n 

18.8 

21.2 


27.5 




15.7 

(33) 


(72) 



Kfl 

13.5 




6 

LT 


27.9 

30.5 


32.3 



2 

21.1 

(19) 


(25) 



3 

28.0 





a LT = Longitudinal Tension (i.e. along the laminate reference axis). 
LC = Longitudinal Compression. 

TT = Transverse Tension(i.e. perpendicular to the laminate 
reference axis.) 


b Numbers in parentheses are the differences between the average 

measured load and the predicted load, as a percentage of the average 
measured load. 






















FIGURE B.l. TENSION TESTS OF LAMINATE 0 (HIMAT WING BOX) , (+-50/35/-+5O) *4 
LOAD APPLIED ALONG THE LAMINATE REFERENCE AXIS. 

(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 
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FIGURE B.l. - CONTINUED. (B) STRAINS ARE MEASURED AT 90 DEGREES TO THE LOAD 
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OF POOR QUALITY 




FIGURE B.l. - CONTINUED. CO STRAINS ARE MEASURED AT -45 DEGREES TO THE LOAD 




FIGURE B.l. - CONCLUDED. (D) STRAINS ARE MEASURED AT 45 DEGREES TO THE LOAD 
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FIGURE B.£. COMPRESSION TESTS OF LAMINATE 0 , (+-50.'35/-+50) *4 

LOAD APPLIED ALONG THE LAMINATE REFERENCE AXIS. 

(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 









FIGURE B.2. - CONTINUED. (C) STRAINS ARE MEASURED AT -45 DEGREES TO THE LOAD 
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FIGURE B.3. TENSION TESTS OF LAMINATE 0 (HIMAT WINGBOX ) , (+-50^35/-+50)*4. 

LOAD APPLIED AT 90 DEGREES TO THE LAMINATE REFERENCE AXIS. 

(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 




FIGURE B.3. - CONTINUED. (B) STRAINS ARE MEASURED AT 90 DEGREES TO THE LOAD 








FIGURE B.3. - CONTINUED. (C) STRAINS ARE MEASURED AT 45 DEGREES TO THE LOAD. 



FIGURE B.3. - CONCLUDED. (D) STRAINS ARE MEASURED AT -45 DEGREES TO THE LOAD 


7.5 



FIGURE B.4. TENSION TESTS OF LAMINATE ( 15x'45/--45/-15/45^15/-45."45^15) *S 
(HI MAT CANARD) . LOAD APPLIED ALONG THE LAMINATE REFERENCE AXIS 
(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 



FIGURE B.4. - CONTINUED. (B) STRAINS ARE MEASURED AT 90 DEGREES TO THE LOAD. 
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FIGURE B.4. - CONCLUDED. (C) STRAINS ARE MEASURED AT 45 DEGREES TO THE LOAD. 



FIGURE B.5. TENSION TESTS OF LAMINATE 3 ... (45*2^45*3^90^45) *S. 

LOAD APPLIED ALONG THE LAMINATE REFERENCE AXIS . 

(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 



FIGURE B.5. - CONTINUED. (B) STRAINS ARE MEASURED AT 98 DEGREES TO THE LOAD 



FIGURE B.5. - CONCLUDED. (C) STRAINS ARE MEASURED AT 45 DEGREES TO THE LOAD. 
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FIGURE B.6. TENSION TESTS OF LAMINATE 4, ( (45/0) *3/45/90 )*S 
LOAD APPLIED ALONG THE LAMINATE REFERENCE AXIS. 
(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 




FIGURE B . 6 . - CONTINUED. (B) STRAINS ARE MEASURED AT 90 DEGREES TO THE LOAD 



FIGURE B.6. - CONCLUDED. (C) STRAINS ARE MEASURED AT 45 DEGREES TO THE LOAD 



FIGURE B.7. TENSION TESTS OF LAMINATE 4, ( (45/0) *3/45/90) *S . 

LOAD APPLIED AT 90 DEGREES TO THE LAMINATE REFERENCE AXIS 
(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 



FIGURE B.?. - CONTINUED. (B) STRAINS ARE MEASURED AT 90 DEGREES TO THE LOAD 




FIGURE B.7. - CONCLUDED. (C) STRAINS ARE MEASURED AT -45 DEGREES TO THE LOAD 



FIGURE 6.3. TENSION TESTS OF LAMINATE 5 , (0*2/45/0*3/90/0) *S . 

LOAD APPLIED ALONG THE LAMINATE REFERENCE AXIS. 

(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 



FIGURE B.8. - CONTINUED. CB) STRAINS ARE MEASURED AT 90 DEGREES TO THE LOAD 



FIGURE B.8. - CONCLUDED. (C) STRAINS ARE MEASURED AT -45 DEGREES TO THE LOAD 



FIGURE B.9. TENSION TESTS OF LAMINATE 5 , (0*2/45/0*3/90/0) *S . 

LOAD APPLIED AT 90 DEGREES TO THE LAMINATE REFERENCE AXIS. 
(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 



FIGURE B.9. - CONTINUED. (B) STRAINS ARE MEASURED AT 90 DEGREES TO THE LOAD 



FIGURE B.9. - CONCLUDED. (C) STRAINS ARE MEASURED AT 45 DEGREES TO THE LOAD 
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FIGURE B . 10 . TENSION TESTS OF LAMINATE 6., (45/-45/0/90*£/0/-45/45)*S . 
LOAD APPLIED ALONG THE LAMINATE REFERENCE AXIS . 

(A) STRAINS ARE MEASURED PARALLEL TO THE LOAD. 




FIGURE B . 10 . - CONCLUDED . (B) STRAINS ARE MEASURED AT 90 DEGREES TO THE LOAD 
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TABLE I 


HiMAT WING TEST SUMMARY 


Test 

Peak Load 
Nominal 

, kN (lb) 
Actual 

Time 

Rise 

, sec . 
Decay 

Notes 

1 

4.45 

(1000) 

4.48 

(1010) 

61. 

58. 

(1) 

2 

4.45 

(1000) 

4.49 

(1010) 

54. 

59. 

(2) 

3 

4.45 

(1000) 

4.53 

(1020) 

56. 

57. 

(3) 

4 

4.45 

(1000) 

4.34 

( 975) 

58. 

60. 

(4) 

5 

4.45 

(1000) 

4.31 

( 970) 

24. 

24. 

(5) 

6 

4.45 

(1000) 

4.36 

( 980) 

61. 

60. 

(6) 

7 

4.45 

(1000) 

4.46 

(1000) 

25. 

24. 

(7) 

8 

6.67 

(1500) 

6.65 

(1490) 

36. 

36. 


9 

4.45 

(1000) 

4.45 

(1000) 

36. 

36. 

(8) 

10 

8.90 

(2000) 

8.93 

(2010) 

49. 

48. 


11 

4.45 

(1000) 

4.11 

( 925) 

50. 

45. 

(8) 

12 

11.1 

(2500) 

11.0 

(2470) 

61. 

59. 


13 

4.45 

(1000) 

4.37 

( 980) 

26. 

24. 

(8) 

14 

13.3 

(3000) 

13.3 

(2990) 

73. 

72. 


15 

4.45 

(1000) 

4.45 

(1000) 

24. 

24. 

(8) 

16 

15.6 

(3500) 

15.5 

(3480) 

85. 

84. 


17 

4.45 

(1000) 

4.45 

(1000) 

24. 

24. 

(8) 

18 

17.8 

(4000) 

17.7 

(3990) 

97. 

96. 


19 

4.45 

(1000) 

4.45 

(1000) 

24. 

25. 

(8) 

20 

4.45 

(1000) 

4.71 

(1060) 

27. 

26. 

(9) 

21 

20.0 

(4500) 

19.2 

(4310) 

106. 

105. 


22 

4.45 

(1000) 

4.51 

(1010) 

25. 

25. 

(8) 

2 3 

22.2 

(5000) 

21.6 

(4850) 

117. 

116. 


24 

4.45 

(1000) 

4.43 

( 995) 

24. 

24. 

(8) 

25 

17.8 

(4000) 

17.6 

(3950) 

96. 

95. 


26 

4.45 

(1000) 

4.49 

(1010) 

24. 

24. 

(8) 

27 

24.5 

(5500) 

22.0 

(4950) 

117. 

1 . 

(10) 


(1) Complete outer wing; load rate = 4.45 kN/min. 

(2) Leading edge removed. 

(3) Configuration as per Test 2, but with elevon removed. 

(4) Configuration as per Test 3, but with aileron removed; 

i.e. wing box only. 

( 5 ) Load rate = 11.1 kN/min. 

(6) 1 hydraulic cylinder @ 4.45 kN/min. 

(7) 1 hydraulic cylinder @ 11.1 kN/min. 

(8) Posttest damage evaluation. 

(9) Benchmark test; to be compared with Test 19. 

(10) Root rib/mounting lug bolt shear failure. 
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Figure 2. NASTRAN structural model of the HiMAT outer wing. 
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FIGURE 5. MEASURED AND PREDICTED DEFLECTION OF THE TIP OF THE 
LEADING EDGE OF THE WING BOX. TESTS 1, 4 AND 7. 



FIGURE 6. MEASURED AND PREDICTED DEFLECTION OF THE TIP OF THE 
TRAILING EDGE OF THE WING BOX. TESTS 1,4 AND 7 . 
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FIGURE 7. MEASURED AND PREDICTED STRAIN FOR ROSETTE 712. TESTS 
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FIGURE 8. MEASURED AND PREDICTED STRAIN FOR ROSETTE 612. TESTS 



FIGURE 9. MEASURED AND PREDICTED DEFLECTION OF THE TIP OF THE 
LEADING EDGE OF THE WING BOX. TESTS 7 AND £6. 




FIGURE 10. MEASURED AND PREDICTED DEFLECTION OF THE TIP OF THE 
TRAILING EDGE OF THE WING BOX. TESTS 7 AND £6. 





FIGURE 11. MEASURED AND PREDICTED STRAIN FOR ROSETTE 71£. TESTS 7 AND 





FIGURE 12. MEASURED AND PREDICTED STRAIN FOR ROSETTE 612. TESTS 7 AND 
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FIGURE 13. TIP DEFLECTION OF THE LEADING EDGE SPAR OF THE WING BOX 
UERSUS LOAD FOR THE £7 LOAD TESTS. TESTS ARE PLOTTED IN 
SEQUENCE WITH SHIFTS IN THE LOAD AXIS. 
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FIGURE 15. STRAIN IN GAGE 71£A UERSUS LOAD FOR THE £7 LOAD TESTS 
TESTS ARE PLOTTED IN SEQUENCE WITH SHIFTS IN THE 
LOAD AXIS. 


4.4-KN LOAD POINT! 



FIGURE 16. STRAIN IN GAGE 61£A UERSUS LOAD FOR THE £7 LOAD TESTS. 
TESTS ARE PLOTTED IN SEQUENCE WITH SHIFTS IN THE 
LOAD AXIS. 
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Figure 18. - Concluded. 
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Figure 19. - Concluded. 













FIGURE 21. MEASURED AMD PREDICTED DEFLECTION OF THE TIP 
OF THE TRAILING EDGE OF THE WING BOX. TEST £ 







FIGURE ££. DEFLECTION OF THE LEADING EDGE (LE) AND TRAILING EDGE (TE) SPARS 
FOR AN APPLIED LOAD OF 19. £ KN (4310 LB). TEST £1. 





FIGURE £3. PREDICTED DEFLECTION OF THE LEADING EDGE SPAR IN THE REG I Oi 
OF THE BOLTED JOINT. APPLIED LOAD IS 19. £ KN (4310 LB). 




FIGURE £4. PREDICTED DEFLECTION OF THE TRAILING EDGE SPAR IN THE REGION 
OF THE BOLTED JOINT. APPLIED LOAD IS 19. £ KN (4310 LB). 
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The purpose of these tests was to compare the measured and predicted behavior of unbalanced 
laminates, including — in the case of the wing — a comparison between the behavior of the full 
scale structure and coupon tests. Both linear and nonlinear finite element (NASTRAN) analyses 
were carried out on the wing. Both linear and nonlinear point-stress analyses were performed 
on the coupons. All test articles were instrumented with strain gages. In addition, wing 
deflections were measured. 

The leading and trailing edges were found to have no effect on the response of the wing to 
applied loads. A decrease in the stiffness of the wing box was evident over the 27-test pro- 
gram. The measured load-strain behavior of the wing was found to be linear, in contrast to 
coupon tests of the same laminate, which were nonlinear. A linear NASTRAN analysis of the wing 
generally correlated more favorably with measurements than did a nonlinear analysis. A close 
examination of the predicted deflections in the root region of the wing revealed an anomalous 
behavior of the structural model that cannot presently be explained. Both hysteresis and creep 
appear to be less significant in the wing tests than in the corresponding laminate coupon tests. 
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